RECENT APPLICATIONS OF ADVANCED COMPUTATIONAL METHODS IN THE AERODYNAMIC DESIGN

B 2-02

OF TRANSPORT AIRCRAFT CONFIGURATIONS

F. T. Lynch*
Douglas Aircraft Company, McDonnell Douglas Corporation
Long Beach, California

Abstract

A new, improved version of the Cebeci-Kaups-
Ramsey (CKR) three-dimensional finite-difference
boundary-layer program for arbitrary wings has been
coupled with the Jameson-Caughey full potential
transonic flow method in order to predict the com-
bined viscous/inviscid flow characteristics of
three-dimensional swept wings at transonic condi-
tions. Some preliminary computed results are pre-
sented for two advanced transport wing configura-
tions. The calculated three-dimensional results
are compared with experimental results and with
calculations obtained by using the two-dimensional-
strip-theory approximation. Limitations of the
current method and areas requiring further study
are discussed.

Symbols

A Van Driest damping length

AR wing aspect ratio — based on trapezoidal
portion of wing

o local chord length

o mean aerodynamic chord

cd section drag coefficient

o drag coefficient, D/q.S

cf skin-friction coefficient

Cft -total skin-friction coefficient

Cy section 1ift coefficient

CL 1ift coefficient, L/qwS

Clexpd exposed wing 1ift coefficient, Leyxpd/9.S

¢ centerline

Cp pressure coefficient, (p —p.)/0%

D drag .

H g total enthalpy

K12, Ko7  geometric parameters
1ift or modified mixing length

M Mach number

|4 static pressure

Pr Prandtl number

9o freestream dynamic pressure, 1/2 p U2

. Re Reynolds number , e

S reference area

t airfoil or wing thickness

u component of velocity vector in
x-coordinate direction

Uy, freestream velocity

v component of velocity vector normal to
surface .

W component of velocity vector in
z-coordinate direction

UV,

-oW' V', Reynolds stresses

-pV'H

X independent variable in chordwise
direction _

y independent variable normal to the
surface

z independent variable in spanwise

- direction
a angle of attack
B flow deflection angle

8 boundary-layer thickness

&* displacement thickness

A displacement surface height

aCpg incremental drag coefficient due to
compressibility

ACpgygck  increase of pressure coefficient through
shock wave

em eddy viscosity

n wing semispan fraction

8 angle in tangent plane between x- and
z-coordinate lines

8 momentum thickness

n dynamic viscosity

v kinematic viscosity

p density

T shear stress

A wing sweep

Subscripts

e boundary-layer outer edge
EST estimated

L Tocal

t total

W wall

o freestream conditions
bars denote Cartesian coordinate system

1. Introduction

Aerodynamic designers of transport aircraft have
been dreaming for decades of being able to use, for
high-speed design problems, some of the advanced
computational tools that they now have available to
them such as the three-dimensional transonic flow
methods and three-dimensional finite-difference
boundary-layer methods. It is anticipated by the
designer and his management that the appropriate
use of these new advanced computational methods on
the wing design of the next subsonic transport air-
craft configuration will typically result in an
improved aerodynamic technology level, an improved
aerodynamic efficiency for a given level of aero-
dynamic technology, and reduced design costs through
a reduction in the amount of wind tunnel testing
required and the resulting shortened time period
required to define the final lines. Of prime im-
portance in the design of a wing for efficient
cruise operation is the ability to achieve separa-
tion-free flow at cruising conditions and the abil-
ity to predict the onset of trailing-edge separa-
tion for the determination of the buffet boundary.
A review of the aerodynamic performance character-
istics at cruising conditions of commercial sub-
sonic jet transports flying today, all of which
were designed without the benefit of these advanced
computational methods, leads one to believe that
the aerodynamic cruise efficiency of all but a
couple of today's transports could have been im-
proved measurably for the technology levels exist-
ing when they were designed if these advanced comp-
utational methods had been available at the time.
Furthermore, the exceptions, in terms of aerodynam-

- ic efficiency, are probably the best examples to
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illustrate how the proper application of these new
advanced computational methods could have resulted
in large cost savings for a given level of aerodyn-
amic efficiency.

Several investigators!~3 have recently reported
promising results using three-dimensional transonic
flow computational methods, both full-potential and
small-disturbance solutions, in conjunction with
simple two-dimensional boundary-layer strip-theory
approximations to predict the effects of configura-
tion modifications at transonic conditions. For
example, Henne and Hicks! showed quite good agree-
ment between calculated and measured pressure dis-
tributions and drag increments for a modification
to a three-dimensional wing using the Jameson-
Caughey full-potential method“. However, for as
many examples as are presented showing good agree-
ment between experiment and essentially inviscid
computational methods, one can be sure that there
are at least as many other examples where the agree-
ment is poor due to the presence of strong viscous
effects. To attack this problem, numerous organiza-
tions have been pursuing the coupling of various
three-dimensional boundary-layer methods with three-
dimensional transonic flow analysis methodsS5-8.

The effort at Douglas on this problem has focused
primarily on the use of a new, improved version of
the Cebeci-Kaups-Ramsey {CKR) three-dimensional
finite-difference boundary-layer program in conjunc-
- tion with a Douglas version of the Jameson-Caughey
. full-potential program. The new, improved CKR
boundary-layer method is a_very accurate, versatile
and efficient method for the calculation of
three-dimensional boundary layers on arbitrary

" wings. The choice of the Jameson-Caughey full-
potential method over a small disturbance method
was clear based on the work of Henne and Hicks! who
showed that the application of small-disturbance-
equation solutions was unreliable for thick trans-
port-type wings. No such restrictions are neces-
sary for the Jameson-Caughey method. A complete
description of the CKR boundary-layer method and
the Douglas version of the Jameson-Caughey full-
potential method is not intended in this paper
since much of this information has already appeared
in the literaturels*s5, However, the important
aspects of the new, improved CKR boundary-layer
method, and aspects of the Jameson-Caughey code
particulariy relevant to this study, are discussed
in Section 2.

The primary purpose of this paper is to present
~some preliminary results that illustrate the type
of guidance the aerodynamic designer can obtain
from this combined three-dimensional transonic and
viscous computational tool. This is shown in Sec-
tion 3 by comparing some calculated results with
experimental measurements for two wing configura-
tions designed for an advanced transport model. In
addition, results of the three-dimensional boundary-
layer calculations are compared with results of
boundary-laver calculations obtained by using the
two-dimensional-strip-theory approximation.
Finally, limitations of the current coupled three-
dimensional method and other problem areas requir-
ing further work in order to develop this computa-
tional method into an even more useful design tool
are discussed in Section 4.
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2. Computational Methods

2.1  CKR Three-Dimensional Boundary-Layer Calcula-
tion Method

A calculation method for three-dimensional
boundary layews on arbitrary wings is based on a
number of component parts. These include the co-
ordinate system in which the solution is to be
found, the means of representing the wing in this
coordinate system, the aoverning boundary-layer
equations, the means of specifying the initial and
boundary conditions, the model chosen to represent
the turbulent stresses present, and the numerical
procedure used to generate the solutions. Numer-
ous investigators>-8 using various combinations of
approaches have. tackled this problem with varying
degrees of success. At Douglas, the work of Cebeci,
Kaups and Ramsey (CKR) led to the development of a
procedure for arbitrary wings® which is unique in
many aspects. This procedure proved to be an effec-
tive tool when the isobars on the wing surface were
approximately parallel to the leading and trailing
edges. - However, it was demonstrated that in re-
gions of the flow field where there is a signifi-
cant layer of crossflow opposing the marching
direction, oscillations can occur in the generated
solution. This is caused by the stability condi-
tion on the difference equations not permitting the
correct domain of dependence of the differential
equation to be utilized at the particular point
being computed. This difficulty has been overcome
in the current version of the CKR boundary-layer
method through the use of a newly developed numer-
ical procedure referred to as the Cebeci-Stewartson
(1977) procedure. With this improvement, the lat-
est CKR boundary-layer method is an accurate,
efficient, and reliable method for calculating
three-dimensional boundary layers on arbitrary
wings. In what follows in this section, a brief
description of the important features of the CKR
boundary-layer method is given.

Coordinate System. The CKR boundary-layer
method uses a nonorthogonal coordinate system which
is fit to the particular wing being investigated.
The CKR coordinate system consists of paraliels to
the wing root, and points at equal percent chord
across the span. A typical grid is illustrated in
Figure 1. This coordinate system allows the air-
foil section input to be simply read into the com-
puter program. The choice of this coordinate sys-
tem for boundary-layer calculations was dictated
by the fact that aerodynamic data is usually given
in terms of percent of chord and percent of semi-
span location, and by the almost uniform coverage
of the wing that is achieved with the chosen co-
ordinate net. It is the coordinate system in which
the engineer naturally thinks of a wing. The use
of this cobrdinate system does add additional terms
to the boundary-layer equations, but does not make
them unduly complicated. And, of course, the user
of the program never sees its internal sections or
the development that went into it, but only recog-
nizes the ease with which the geometry is
specified.

Governing Equations. The governing boundary-
layer equations for three-dimensional compressible
Taminar and turbulent flows in a nonorthogonal




CONSTANT PERCENT SEMI-SPAN LINE

CONSTANT PERCENT CHORD LINE

Figure 1.

Nonorthogonal Coordinate System Used for
Boundary-Layer Calculations on Upper
Surface of Advanced Transport Wing.

coordinate system are given by

Continuity equation
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Here hy and hp are the metric coefficients and
they are, in general, functions of x and z; that
is,

hy = h](x,z); hy = hz(X,Z) . (8)

Also, © represents the angle between the
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coordinates x and z. The parameters K; and
Ko are known as the geodesic curvatures of the

curves z = const and x = const, respectively.
They are given by

. h
I . M
Ky = Fhsine [ax (hz cose) 3z ]’
172 ] (6)
K, = ! 2. (h, cose) _.322
2 h]ﬁ2 sine sz ‘1 3X

The parameters K,, and Kyy are defined by

I R T 12
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i (7a)

1 1 1
K21 = SThe [' (Kz * E’Z‘%%) * °°59(K1 * ’ﬁ‘{%f?)}
(7b)

These equations can be solved when they are
expressed in physical coordinates, as above, or in
transformed boundary-layer coordinates. In three-
dimensional flows, where computer storage and time
become quite important, transformed coordinates
become necessary, as well as convenient, because
they allow the numerical scheme to proceed more
efficiently. In addition, they remove the singu-
larity the equations have in physical coordinates
at x=0 and z = 0. Hence, the equations actu-
ally solved in the CKR method are solved in trans-
formed coordinates as described in reference 5.

Initial_and Boundary Conditions. In order to
generate a sojution to equations (1) to (4), init-
ial and boundary conditions must be imposed which
specify the exact flow situation being calculated.
The boundary conditions are imposed on the wing
surface, and in the inviscid flow away from the
wing. The conditions imposed on the wing surface
are

y=0, u=w=0, v=v, (éﬂ) =0 (8a)
v w

ay

where v, 1is the specified wall blowing or suction
velocity for the calculation of laminar flow con-
trol wings. In the inviscid flow, at the edge of
the boundary layer,

y=8, us=s ue(x,z), W= we(x,z), H= He(x,z)

(8b)
where the subscript e denotes quantities at the
boundary-layer edge. These values, along with the
pressure gradients in equations (2) and ?3),are
obtained directly from the Jameson-Caughey invis-
cid calculations for transonic flows and from the
Hess panel method for subsonic flows.

The solution of the system given by equations
(1) to (4), subject to (8), requires that initial
conditions be specified on two planes intersecting
the wing along coordinate lines. For a wing, these
two planes lie along the leading edge and the root
chord. Along the leading edge, stagnation-line
equations are used to generate the starting veloc-
ity profiles. On the root chord, an approximation
must be made because equations (1) to (4) are not
valid in this juncture region. In the CKR program,
tapered wing equations with no spanwise gradients



are solved, and used as the initial profiles. This
procedure works well and does not seem to introduce
any spurious effects due to the approximate start-
ing solution.

Turbulence Model. For turbulent flows, it is
necessary to make closure assumgtions for_the Rey-
nolds stresses, -pu'v', -ow'v' and -pV'H'. In
the current CKR method, as in the previous version,
this requirement is satisfied by using the eddy-
diffusivity concept and relating the §eynolds

stresses to the mean velocity and total enthalpy
profiles by
-pu'v' = ey %% » WV = e %% (9a)
-ov'H' = ey % (%)

The CKR method uses the eddy-viscosity formulation
of Cebeci?, and defines ep by two separate formu-
las. In the so-called inner region of the boundary
Tayer, (ep) is defined by the following formula

(), = L2 [{%;-)2 + (g—;')z 2 case(g-;)(g—;')]m (10)
L = 0.4y[1 —exp(-y/A)] (1a)

where
Allowing for flows with pressure gradient and mass
transfer
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An intermittency factor is then used to account for
‘the transitional region.

In the outer region e, 1S defined by the fol-
Towing formula

(em)o = 0.0168 f (ute —ug)dy (12)
: 0
where
u, = (u2 e+ 2& W cose)”2 (13a)
te e e e'e

2+ 2uw cose)”2

up = (u2 + W {13b)
The inner and outer regions are established by the
continuity of the eddy-viscosity formula. As in
the previous version of the CKR method, the turbu-
lent Prandtl number is assumed to be constant and
is set equal to 0.9.

Numerical Method. In the CKR boundary-layer
method, the Box method is used to solve the
boundary-layer equations in transformed coord-
inates., This is a two-point finite-difference
method developed by Keller and Cebeci. This method
has been applied to two-dimensional flows as well
as three-dimensional flows, and has been found to
be efficient and accurate. Descriptions of this
method have been presented in a series of papers
and reports5,9:10 and a detailed presentation is
contained in a recent book by Cebeci and Bradshaw!l.

The solution procedure used in the last published
version of the CKR three-dimensional boundary-layer
methodS employed a marching technique that monitored
the edge value of wp and altered the integration
processes based upon the sign of the velocity. As
mentioned previously, this procedure was effective
for confiqurations that had isobars nearly parallel
to the leading and trailing edges, but encountered
difficulities for configurations where the existence
of significant spanwise pressure gradients led to
significant layers of cross flow opposing the march-
ing direction. The current version of the CKR
three-dimensional boundary-layer method uses a new
procedure developed by Cebeci and Stewartson in
1977. In this new procedure, which follows the
characteristics of the locally plane flow, the
direction of w at.each grid point across the
boundary layer is checked and the difference equa-
tions are written accordingly. With this proce-
dure, there is no need to specify any initial con-
ditions along the tip as was required in the
previous methodS,

The new method changes the marching procedure
previously used so that now an entire spanwise
sweep is completed prior to making a further chord-
wise step. At each point to be calculated, the

. backward characteristic is computed from the local

values of the velocity. It is just these character-
istics that determine the domain of dependence.

Only information within this domain is used to form
the convective derivatives present in the three-
dimensional boundary-layer equations. 'Since the
characteristic must be determined as part of the
solution, a Newton iteration process is used in the
calculation procedure to correctly determine the
exact shape of the domain of dependence. Use of

* this new exact scheme has eliminated the need for

the logic included in the previous CKR wing
boundary-layer code and results in reduced computer
storage requirements., There is no need to change
integration direction when reverse crossflows are
encountered. The new solution procedure provides
accurate and very satisfactory results without any

- numerical problems as long as the flow is not sepa-

rated; that is, u > 0. Further details of the new
numerical solution procedure will be published in
a forthcoming paper by Cebeci and Stewartson.

Calculation of Displacement Surface. In order
to account for the viscous-inviscid fiow inter-
action, a boundary-layer displacement surface is
determined from. the output of the boundary-layer
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code. The displacement surface height above the
surface is given in vector form'2?

s
div peifeA - f(peae — o)y | = hyh, sine (pwvw)
0 (14)

Here 3 is the vector parallel to the surface and
4 s the displacement surface height. For a non-
orthogonal coordinate system, equation (14) becomes

%; [peueh2 sine (a —-6;)] + %; [Peweh1 sine (Ao — 6;)]

= hyh, sine (pwvw) (15)

Here &% and 6% are the usual definitions of the
displacement thicknesses. Equation (15) is a first-
order partial-differential equation whose charac-
teristics are the inviscid streamiines. Hence, the
solution is obtained by considering the following
equivalent system of ordinary differential equa-
tions: .
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Since both the initial data 1ines are streamlines
and consequently characteristics, the solution can-
not be continued into the rest of the field with
simple marching procedure and equation (16). How-
ever, with the solutions on the initial lines known,
equation {15) yields the corresponding rates of
change of A which can be used to construct solu-
tions in the neighborhood of the initial 1ine and
then the solutions can be continued in a regular
manner using {16).

The calculated displacement surface height is
added along the wing surface normal at the nodal
points to create a new wing surface. Since the
surface normal has, in general, three-dimensional
components, the new surface is given by a collec-
tion of points from which the wing section coord-
inates are created by suitable interpolation. The
procedure is straightforward provided that the
displacement thickness calculation has been com-
pleted for every nodal point on the surface. If
desired, it is possible to iteratively calculate
the boundary-layer solution and the inviscid-flow
sotution with a displacement surface added at each
step. This iterative capability has not been used
for the results presented in this paper.

Computation Time. A typical computation time
(CPU) for the current CKR three-dimensional com-
pressible boundary-layer method on an IBM 370/165
computer for one surface of a wing with 28 spanwise
stations, 30 chordwise stations, and an average of
40 points across the boundary layer, is about 90

seconds.
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2.2 Douglas Version of Jameson-Caughey Transonic
Full-Potential Method

Although there are numerous efforts underway
throughout the world aimed at developing new and
improved methods of calculating transonic flow char-
acteristics for general three-dimensional configura-
tions, the current choice of operational methods
that can be used to predict the flow characteris-
tics about three-dimensional wings at transonic
conditions is between the Jameson-Caughey full-
potential method* orone of the small-disturbance
methods13,1%, At Douglas, where the emphasis is on
transport-type configurations, the choice for prime
attention and for coupling with the new, improved
version of the CKR three-dimensional boundary-layer
program has been the Jameson-Caughey full-potential
method. This selection was based on the work of
Henne and Hicks' who showed quite clearly that small-
disturbance-equation solutions were unreliable for -
thick transport-type wings. No such resteictions
are necessary for the Jameson-Caughey method.

The particular Jameson-Caughey code used for
this study is the FLO-22 nonconservative version.
This version was selected rather than one of the
later ones (FL0-25 or -27) due to the production
status of the FLO-22 code and because the general
character of pressure distributions predicted by
this code, including shock development, strength
and location, happen to agree very well with exper-
imental results in many instances. Also, there is
a general consensus that the later conservative-
form versions will most 1ikely require a modeling
of the shock wave- boundary-layer interaction in
order for predicted shock locations to match
experiment. The following is a brief description
of some aspects of the Jameson-Caughey FL0-22 code
particularly relevant to this study.

Basic Formulation. The FLO-22 transonic flow
method of Jameson and Caughey for three-dimensional
wings alone (no fuselage effects) assumes inviscid,
adiabatic, and irrotational flow. These assump-
tions are equivalent to assuming isentropic flow.
When entropy changes through shock waves are ne-

" glected, the motion of a compressible fluid s well

approximated by the well-known full-pgtential equa-
tion. In .the J-C method, a finite-difference
simulation of the full-potential equation is solved
in a mapped coordinate system by using line over-
relaxation procedures., The finite-difference simu-
lation employs a nonconservative, rotated differ-
ence scheme. The finite-difference solution does
not represent shock waves as discontinuities, but
instead the shock pressure jump is smeared over
several computational mesh widths. Depending on
the chordwise and spanwise location, the shock
pressure jump can be spread over as much as 10 to
15 percent of the local wing chord. The signifi-
cance of this smearing of the shock pressure jump
is discussed later in the paper. ’

Mapping Procedure. A mapping procedure is used
to accurately impose boundary conditions. The
procedure consists of applying a simple conformal
transformation in each of one family of coordinate
surfaces which almost maps the boundary surfaces
to coordinate planes. A shearing transformation
is then used to complete the mapping of the bound-
aries to coordinate surfaces. The final transfor-
mation results in a nonorthogonal coordinate sys-
tem. This mapping procedure results in a concen-
tration of mesh points near the leading edge, and,




MESH SPACING, dx/c

o 02 ! 04 T o8 o8 10
CHORDWISE LOCATION, x/c
Figure 2. Typical Mesh Spacing for Tapered Wing
With J-C FLO-22 Program.

for tapered wings, near the root. The spacing be-
comes more coarse further aft or further outboard,
as illustrated in Figure 2 for a representative
tapered wing planform. This coarse spacing, in
conjunction with the smearing of the shock pres-
sure jump over several mesh widths, results in the
shock pressure jump being smeared over a relatively
large chordwise distance when the shock is much aft
of the leading edge or outboard of the root. In
addition to the coarse spacing at the trailing edge,
since no transformation was introduced to align the
wing trailing edge with a mesh plane, the computa-
tional trailing edge is defined by the closest mesh
point to the trailing edge. The result is a trail-
ing edge with some discontinuities,referred to as
the "zig-zag" trailing edge.

Improvements Incorporated by Douglas. Several
improvements to the basic Jameson-Caughey FL0O-22
transonic program have been made by Douglas. These
improvements include an approximate modeling of
finite-fuselage volume effects, introduction of
automated input and graphical output procedures,
introduction of momentum control volume integrations
for separation of the induced drag from the calcu-
-lated shock drag, and introduction of an extrapo-
lated iteration scheme.

Since the basic FL0-22 program was restricted to
wing-alone cases, fuselage flow-field effects were
neglected. An approximate modeling of finite-
fuselage volume effects has been accomplished by
considering the local Mach number change across the
wing span due to the isolated fuselage shape. An
average Jocal Mach number change is estimated using
Hess's higher order axisymmetric potential-flow
solution. The wing transonic flow solution is then
computed using this higher (or lower) local Mach
number as the freestream Mach number. The computed
pressure and force coefficients are subsequently
re-geferenced back to the true freestream Mach
number,

For low-wing, transport-type configuration, the
side of the fuselage is used as the plane.of sym-
metry to approximate the flow on the upper surface
close to the wing root. To account for fuselage
1ift carry-over, the exposed wing 1ift coefficient
is typically corrected by using a 1ifting-surface
theory calculation.

Input procedures for the J-C FLO-22 program have
been automated so that only wing-section geometry
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and flow conditions are required. The program has
also been coupled to graphical output routines.
A1l section pressure distributions and isobars, as
well as the three-dimensional geometry, are auto-

- matically plotted for each flow solution.

‘Momentum control-volume integrations were intro-
duced into the FLO-22 program in order to provide
a separate evaluation of the calculated induced
drag and shock drag. The séparate evaluation of
these two drag sources provides a check on numer-
;ga] accuracy and some insight into complicated
ows,

The simple extrapolated iteration scheme exam-
ined by Jameson and Caughey for axisymmetric flow
analysisl5 has been incorporated in the FLO-22
program, This scheme, with adequate protection
features, has proven to be quite dependable and
provides about a 30-percent reduction in solution
compgtation time for equivalent maximum residual
levels, ‘

Computation Time. A typical inviscid-flow
computation with the J-C FL0-22 program utilizes
50 iterations on each of three mesh definitions.
The final mesh contains 192 x 26 x 32 cells. The
solution with the Douglas-incorporated improvements
takes approximately 50 CPU minutes on a CYBER 74
or 30 CPU minutes on an 1BM 370/165 computer.

3. Calculated and Experimental Results

The two wing configurations selected to use to
illustrate the capabilities of the Douglas combined
three-dimensional transonic and viscous computa-
tional design tool are both high aspect-ratio
designs based on the use of airfoils that have a
significant amount of aft loading. Some of the
geometric characteristics of the two wings are
highlighted in the following table:

Wind Tunnel Test
t/c Configuration
. Average
Wing Exposed R Ac/4 Fuselage S?:;lzgs/
Fineness :
Ratio | "ing Span
Ratio
A ~13.2% 12 |30° 7.15 0.131
B ~12.3% 10.85{30° | ~7.0 0.127

The design goals at high-speed conditions for these
wings, in terms of aerodynamic performance charac-
teristics, were a low compressibility drag at cruis-
ing conditions, which would be indicative of separa-
tion-free flow, and a corresponding buffet boundary
high enough to permit cruising at the best 1ift
coefficient consistent with the wing aspect ratio.

The first configuration, Wing A, was designed
and a wind-tunnel model of it nearly completed
before the FLO-22 version of the Jameson-Caughey
(J-C) full-potential program was operational. Just
prior to completion of the wind-tunnel model, some
initial predictions of the three-dimensional "invis-
¢id" transonic flow-pattern development were
obtained using the J-C program. The predicted iso-
bars for the upper surface of the wing, obtained
by using a two-dimensional subcritical boundary-
layer representation, and accounting for the influ-
ence of the fuselage in the manner described in
Section 2.2, are shown in Figure 3 for a wing-body



Figure 3. Predicted Upper-Surface Isobars for Wing

A at 0.78 Mach Number.

1ift coefficient of nearly 0.6 and a freestream

Mach number of 0.78. This Mach number was about
0.02 less than the not-too-optimistic target cruise
condition. Based on past experience with airfoil
separation problems, the predicted pressures gave
reason for concern over a likely boundary-layer sep-
aration problem in the region of the trailing-edge
break station due to the aft location of the shock
in this area and the attendant steep adverse pres-
sure gradient from the shock to the trailing edge. .
This unsweeping and resultant aft location of the
shock at the trailing-edge break station was not
predicted by the previous design tool which included

the Garabedian-Korn two-dimensional transonic pro-
gram for airfoil development and an incompressible
lifting-surface program for finite span effects.
Although it appeared from the J-C predictions that
this particular wing design was not likely to
achieve the target performance, the lack of cor-
relative data between J-C predictions and experi-
mental results for this type of configuration led
to the decision to proceed with the test. The test
was conducted in early 1977 at a test Reynolds num-
ber of 1.9 x 106 based on the mean aerodynamic
chord of the wing. Wind-tunnel measured pressures
for both the upper and lower surface of the wing
are compared in Figure 4 to the J-C predictions

for a freestream Mach number of 0.78 at a wing-
body 1ift coefficient of nearly 0.6. At these con-
ditions, the agreement between experimental and
predicted pressure distributions, in terms of shock
Tocation and strength, as well as the general flow
development, is quite good except for some minor
discrepancies on the upper surface on the outer
part of the wing. These discrepancies may be due
to model. aerpelastics. This type of qood agree-
ment is typical of what we have now become accus-
tomed to for the FL0-22 version of th& J-C program.
There is, however, one important area in which the
agreement between the experimental and J-C predicted
pressure distributions is not good. The area of
concern is the gradient of the pressure rise through
the shock wave. This gradient is smeared out over
a much greater chordwise distance in the J-C pre-
dictions than it is in reality.

An examination of the trailing-edge pressures at
the trailing-edge break station shows that the
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potential problem indicated by the J-C program did
materialize in the form of a local flow separation.
The existence of this separation, starting at about
85-percent chord, was apparent from the oil-flow
visualization studies conducted at this condition
and illustrated in Figure 5. In addition to this
separated flow area, a smaller region of separated

Figure 5. 0il Flow Visualization for Wing A at

0.78 Mach Number.

flow at the trailing edge was observed around the
70-percent semispan location. The effect of these
premature separations, particularly the one at the
trailing-edge break station, was to reduce the drag
rise Mach number for this wing by more than 0.02
below the target performance set for the particular
combination of airfoil types, sweep, thickness, and
1ift coefficient. This degradation is shown in
Figure 6.
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Drag Rise Characteristics of Wing A.
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When the new, improved CKR three-dimensional
boundary-layer program was coupled with the Jameson-
Caughey FLO-22 transonic program, Wing A was one
of the first configurations to be analyzed. At the
critical 0.78 Mach number condition at the wind-
tunnel Reynolds number of 1.9 x 106 (based on the
mean aerodynamic chord of the wing), boundary-layer
separation was predicted right around the 85-percent
chord point just outboard of the trailing-edge
break station. This compared almost exactly with
the experimentally-observed separation point loca-
tion in this area. An examination of the boundary-
layer parameters for this case showed that the CKR
program had calculated transition would occur near
the 20-percent chord point close to the root, and
then automatically used this location, in terms of
percent of local wing chord, at all span stations.
It can be seen from Figure 5 that this calculated
location agrees closely with the observed location
near the root, but over most of the rest of the
span it is significantly forward of the aft trans-
ition location fixed in the wind tunnel to better
simulate the flight nondimensional boundary-layer
thickness of the shock. The discrepancy between
the transition location used in the calculations
and that fixed in the wind tunnel is particularly
large in the vicinity of the trailing-edge break
station where transition in the wind-tunnel was
fixed aft of 50-percent chord. Since the capabil-
ity to set variable-percent-chord transition loca-
tion across the span was not available at the time,
an additional three-dimensional boundary-layer
calculation was done, with the transition point
fixed right near the leading edge, to determine
the effect of moving the transition point on the
predicted location of separation. Interestingly
enough, there was no change in the predicted sepa-
ration point. Several two-dimensional boundary-
layer calculations with varying-transition location
were then made using the J-C predicted pressure
distribution at the trailing-edge break station.
With transition located near 20-percent chord, as
it had been in the three-dimensional boundary-layer
calculation, separation was predicted at near 92-
percent chord, well aft of the location observed in
the wind tunnel and the location predicted with the
three-dimensional calculation. As with the three-
dimensional calculation, there was almost no change
in the predicted separation point when transition
was fixed right near the leading edae. However,
when the transition point was moved further aft to
near the wind-tunnel test location, the separation
point predicted two-dimensionally moved aft to
essentially the trailing edae, clearly indicating
that the two-dimensional strip-theory approxima-
tion is not adequate for this application. Presum-
ing that the separation point predicted by the
three-dimensional CKR method would also move aft
a similar distance (but not to the trailing edge)
as the transition point is moved aft to the wind-
tunnel location, it is estimated that the three-
dimensional predicted separation point with the
correct transition location would be somewhat aft
of the observed separation point, but well forward
of the wing trailing edge. A predicted separation
point somewhat aft of the observed separation point
is not unexpected due to the too-gradual adverse
pressure gradients predicted for shocks by the J-C
method. .

The three-dimensional boundary-layer skin-
friction characteristics predicted for Wing A at
0.78 Mach number and at the wind-tunnel-test



Reynolds number are compared in Figure 7 at several
semispan locations to the comparable predictions ob-
tained using the two-dimensional strip-theory approx-
imation. Transition is set at about 20-percent
chord for both calculations. The two-dimensional
predictions with this transition location indicate
separation would occur all across the span, being
most critical at the trailing-edge break station.
However, the predicted separation is eliminated all
across the span when the further-aft wind-tunnel-

test transition location is used in the calculations.

With the three-dimensional boundary-layer calcula-

tions, the separation at the trailing-edge break sta-

tion is predicted to occur further forward, and
hence is not 1ikely to be eliminated with the
further-aft transition location. When the three-
dimensional calculations predicted separation at
about the 85-percent-chord point at the trailing-
edge break station, the calculations did not con-
tinue outboard. Therefore, there is no prediction
of any outboard separation. However, it can be seen
that the tendency to predict separation is signifi-
cantly greater with the three-dimensional calcula-
tions, and consequently the three-dimensional pre-
diction with the appropriate transition location is
much more likely to predict the separation that
occurred at 70-percent semispan in the wind tunnel.
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Figure 7. Comparison of Two- and Three-Dimensional
Predicted Skin-Friction Characteristics
for Wing A at Wind-Tunnel Reynolds Number.

Both the two- and three-dimensional boundary-
layer calculations for Wing A at this Mach number
were repeated using a much higher typical flight
Reynolds number. Transition for these calculations
was set right near the leading edge. The predicted
boundary-layer skin-friction and displacement thick-
ness {and surface) characteristics are shown in Fig-
ure 8. The two-dimensional-strip calculations pre-
dict separation only at the trailing-edge break
station. In contrast, the three-dimensional
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Figure 8. Comparison for Two- and Three-Dimensional
Predicted Boundary-Layer Characteristics

for Wing A at Flight Reynolds Number.

calculations indicate separation would occur near
the trailing edae over most of the span from the
trailing-edge break station outboard. One inter-
esting aspect of the predicted three-dimensional
displacement surface characteristics compared to
the predicted two-dimensional displacement thick-
ness is the more rapid rate of growth of the sur- .
face height over the aft portion of the airfoil.
This greater rate of increase would result in more
viscous decambering of the aft-loaded airfoil.

At the conclusion of the wind-tunnel test of
Wing A, an intense systematic study using the J-C
FLO-22 program was undertaken to determine what
geometric changes were required to suppress the
development of the strong aft-shock over the in-
board portion of the wing as seen on Wing A. Over
a period of approximately 20 weeks, 40 different
wing configurations were investigated. This in-
volved nearly 100 flow solutions with the J-C pro-
gram. . The effects of planform, airfoil type,



thickness, and twist variations were systematically
determined. It was found that in order to suppress
the development of the strong aft shock over the
inbeard part of the wing, careful tailoring of
thickness, planform trailing edge sweep and airfoils
was required. For example, an increase in chord at
the trailing-edge break station of Wing A was funda-
mental to effecting an improvement in the three-

- dimensional flow characteristics over the inboard
panel. A somewhat lower thickness ratio in the
inboard region was also determined to be essential.
The use of an inboard leading-edge extension gave a
significant improvement through elimination of the
inboard shock by a reduction in section 1ift coef-
ficient and an increase in isobar sweep. Other
effects investigated included variations in airfoil
leading-edge and aft-camber geometries to determine
the effects on drag "creep" prior to cruise Mach
number, drag-divergence Mach number, and buffet-
onset 1ift capability. One of the configurations
selected from this study to be wind-tunnel tested

is referred to as Wing B in this paper. Wing B is
quite different than Wing A. The most obvious
changes include a significantly different planform
and a s1ightly reduced overall thickness ratio.

The reduction in thickness ratio by itself should
theoretically result in a 0.01 increase in the drag-
rise Mach number.

The J-C predicted isobars for the upper surface
of Wing B at a freestream Mach number of 0.80 and
a wing-body 1ift coefficient of 0.55, are shown in
Figure 9. It can be seen that there is no aft
shock predicted as occurred with Wing A, but only
a relatively weak shock forward on the wing. The
unsweeping of the isobars over the inner part

_Figure 10,

Figure 9. Predicted Upper-Surface Isobars for

Wing B at 0.8 Mach Number.

of the wing that occurred with Wing A has also
been corrected. To verify the predicted improve-
ment, this:configuration was tested earlier this
year at a test Reynolds number of 5.4 x 106 based
on the mean aerodynamic chord of the wing. A com-
parison of the predicted and experimental pressure
distributions at 0.80 Mach number is presented in
For this condition, the agreement is
not quite as good as it was with Wing A in that the
actual forward shock is somewhat stronger than the
predicted shock. However, other than that
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discrepancy, and the problem near the tip, the gen-
eral character of the flow development is predicted
quite well. The improvement in the wing flow pat-
tern for Wing B relative to that of Wing A resulted
in the marked improvement in the drag rise charac-
teristics illustrated in Figure 11.
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Figure 11. Drag Rise Characteristics of Wing B

Relative to Wing A.

The two- and three-dimensional boundary-layer
skin-friction characteristics predicted for Wing B
at 0.8 Mach number and at a typical flight Reynolds
number are shown in Figure 12. It can be seen that
neither the two- or three-dimensional calculations
predict any separation near the trailing edge.
There is Tittle difference between the two calcu-
lation methods for this configuration with its
relatively mild pressure gradients. The only notice-
able difference is the slightly-more-rapid decrease
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for Wing B at Flight Reynolds Number.

Figure 12.

in the three-dimensional skin-friction coefficient
near the trailing edge due to the spanwise flow
component in this region.

4, Areas Requiring Further Study

The capability demonstrated by the calculated
results obtained with the current version of the
coupled CKR and J-C programs provides a very power-
ful and useful aerodynamic design tool. This cur-
rent capability represents a very significant step
toward the goal of being able to accurately predict
the total drag (viscous and invsicid) at cruising
conditions, and the onset of trailing-edge separa-
tion (buffet onset), for three-dimensional wing-
body combinations at transonic conditions. However,
there are several areas where additional studies
need to be done before the desired capabilities can
be fully achieved. Included among the areas for
additional study are the following:

@ Finite Fuselage Representation. The current
accountability for the effect of a finite length
fuselage on the wing flow field in the Douglas ver-
sion of the J-C program is based on using the aver-
age Mach number increase across the wing span pre-
dicted by considering the isolated fuselage shape.
While this correction is probably a reasonable
first-order approximation, it is very likely that,
in reality, the propagation of the fuselage effect
along the wing span may be magnified by the pres-
ence of supercritical flow on the wing. Develop-
ment of the capability to specifically handle the
interaction between a wing and a finite-length fuse-
lage is being pursued by Jameson and Caughey who

are adding this capability to the conservative, fin-
ite-volume version of their transonic-flow program.

® Shock-Wave-Boundary-Layer Interaction. It is
necessary to appropriately model the shock-wave-
boundary-layer interaction region in the computa-
tional methods in order to account for both the
effect that the local boundary-layer behavior has
on the shock strength and location, and to be able
to define the boundary-layer state at the exit from
the interaction region. The latter is necessary

so that the boundary-layer calculations can be cor-
rectly continued downstream to the trailing edge of
the wing for the desired prediction of displacement,
drag, and separation characteristics. With regard
to the effect of the local boundary-layer behavior
on the shock strength and location, recent experi-
ence has shown that the shock strengths and posi-
tions predicted by the conservative, finite-volume
version of the J-C program, without any accounting
for this interaction effect, do not match experi-
mental results nearly as well as with the noncon-
servative FL0-22 version. Some preliminary studies
indicate that simulating this interaction in the
fully conservative programs will overcome this
problem, Since the conservative, finite-volume
version of the J-C program is felt to be more cor-
rect than the -nonconservative version, and is the
version that will have the capability to account
for a finite-length fuselage, an appropriate inter-
action model will have to be developed.

One problem that stands in the way of being able
to correctly calculate the boundary-layer state at
the exit from the interaction is that the J-C in-
viscid representation of the shock-wave pressure
gradient is smeared over a much greater chordwise
distance than actually occurs. The shock jump,
from the point of maximum Mach number to a point
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where the flow is slightly subcritical, is spread
over a distance {several computational mesh widths)
that is well in excess of 10 percent of the local
wing chord in many cases. Depending on the span-
wise location, Reynolds number, and shock location,
this distance over which the shock jump is spread
can easily be 20 or more local boundary-layer thick-
nesses. This is in contrast to a distance of the
order of 5 or 6 boundary-layer thicknesses that has
been previously shown as being required to match
experimental results at moderate shock strengths.
To illustrate the effect that this nonrepresenta-
tive smearing has on the calculated boundary-layer
characteristics, the skin friction and displacement
thickness characteristics predicted with the two-
dimensional version of the CKR method are shown in
Figure 13 for the upper surface of an aft loaded
airfoil configuration at a condition that was
approaching trailing-edge separation experimentally.
The shock Mach number of 1.27 is close to that for
which a separation bubble should occur at the foot
of the shock. The pressure distributions used are
experimental measurements except right in the
region of the shock where they are modified to per-
mit a variation in the smearing effect. With the
shock smeared over 20 boundary-layer thicknesses,
the predicted skin-friction characteristics at the
end of the shock pressure gradient show no tendency
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Figure 14.

toward separation, At 6 boundary-layer thicknesses,
the predicted boundary layer is just about separa-
ted as it should be. The calculated boundary-layer
displacement thickness at the airfoil trailing edge
when the shock pressure gradient is spread over 6
boundary thicknesses is nearly 50 percent greater
than it is when the pressure gradient is spread
over 20 boundary-layer thicknesses. This differ-
ence in the calculated displacement thickness would
be magnified even more if the trailing-edge calcu-
Tation were handled correctly. .

The impact of the shock pressure-gradient smear-
ing on the calculated boundary-layer characteristics
for the same airfoil at conditions closer to typi-
cal cruise operation are illustrated in Figure 14.
Here, where the shock is further forward, and there
is more distance for the boundary layer to recover
from the effect of the shock prior to encountering
the adverse pressure gradient over the aft part of
the airfoil, there is less effect on the boundary-
tayer condition approaching the trailing edge.
However, the effect is still not trivial. The
impact of the shock smearing on the calculated pro-
file (viscous) drag for this condition is shown in
Figure 15. There is more than a 15-percent differ-
ence in the calculated drag for the airfoil upper
surface due to the smearing of the shock pressure
gradient.
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In order to overcome the difficulty with the
smeared shock pressure gradiant in the development
of an appropriate interaction model, it will be
necessary to investigate means to sharpen up the
inviscid pressure gradient so that the true smear-
ing produced by the boundary layer can be calcu-
lated. Many more LDA measurements of the inviscid
and boundary-layer characteristics in the inter-
action region will also be required to help guide
the development of the interaction model, particu-
larly for weak or moderate shock strengths (M <1.3),
for which there is essentially no data available.
The development of an interaction model and the
related experimental investigations will initially
be confined to two-dimensional flows, but will
eventually have to be extended to three-dimensional
swept. environments.

@ Trailing-Edge-Wake Interaction. It has been
shown!® that wake curvature and static-pressure vari-
ations across the boundary layer in the trailing-
edge region of an airfoil have a large effect on the
viscous contribution to 1ift. However, it is prob-
ably at least as important that the trailing edge-
wake interaction be correctly accounted for in the
prediction of airfoil {(and wing) drag and trailing-
edge boundary-layer separation. To illustrate how
sensitive the boundary-layer calculations near the
trailing edge are to details, calculations were made
at the same conditions as those shown in Figure 13,
but this time with the trailing-edge pressure coef-
ficient increased by 0.05. The results, portrayed
in Figure 16, show how this small change modified -
the calculated boundary-layer characteristics near
the trailing-edge from indicating no separation

to now predicting separation, and resulted in large
increases in the calculated boundary-layer displace-
ment thickness. This illustration also shows the
difficulty of trying to match measured boundary-
layer characteristics with calculations based on
experimental pressure distributions, particularly
when the flow at the trailing edge is separated or
even near separation. The reduction in the rate of
decrease of the calculated local skin friction near
the trailing edge, based on the experimental pres-
‘sure distribution, is closely related to the

classic textbook example when a separation exists.
In that case, boundary-layer calculations made using
the experimental pressure distributions show a
decrease in skin-friction coefficient as the separa-
tion point is approached, but then start to increase.

The development of a method for calculating the
trailing edge-wake interaction region is far from
being straightforward. Several problems need to
be addressed. They include:
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(1) The interaction between the viscous and
potential flow requires careful consideration and
may prove to be the most important aspect of this
development. :

(2) The degree to which boundary-layer equa-
tions. can be used to represent this problem must
be determined.

(3) The need to account for turbulence details,
and the manner in which this is done, requires
further investigation.

(4) The Jameson-Caughey method will have to be
modified to better represent conditions at the
trailing edge. )

(5) LDA experimental measurements are needed
for different airfoil types in order to define the
flow characteristics, including turbulence quanti-
ties, near the trailing edge, and in the wake, to
help guide the development of the interaction model.

(53 When the problem is in hand for two-
dimensional flows, it will have to be extended to
three-dimensional flows accounting for such effects
as th$7spanwise flow in the wake measured by Michel
et al*’ . .

@ Turbulence Models. In addition to the probable
need to develop higher turbulence models involving
the transport of turbulence energy to represent
flows far from equilibrium such as shock-wave-




boundary-layer interactions and the trailing-edge-
near-wake region, it may be necessary to use a
higher turbulence model to more accurately repre-
sent the flow in the strong adverse pressure gradi-
ent found on the upper aft part of airfoils, par-
ticularly aft-loaded airfoils. The question to be
answered is- which higher-order model is most
appropriate to which flow? Much experimental work
will be needed to answer this question. Initial
testing will be for two-dimensional flows. Even-
tually the spanwise flow influence for three-
dimensional flows will have to be defined,

e Calculation of Boundary-Layer Flow Character-
istics through Small Regions of Separated Flow.
Although the current goal for the coupled CKR and
J-C programs does not include calculation throuah
significant regions of separation, it will be nec-
essary to incorporate in the three-dimensional CKR
boundary-layer method the capability to handle
flows with separation bubbles that reattach, and
.small regions of separation. A typical case where
the boundary-layer flow can have a separation bub-
ble and then reattach occurs at the shock wave-
boundary-layer interaction on the upper surface of
an aft-loaded airfoil when it is operating beyond
the cruise point but prior to trailing-edge sepa-
ration (buffet). An example of a case where it
would be necessary to continue the boundary-layer
calculations through small regions of separated
flow occurs when a wing configuration being anal-
yzed has more than one critical area for separation’
across the wing span. The spanwise marching will
only permit identification of the most inboard one.

e Calculation of Corner Flows. Flight and wind
tunnel flow visualization studies on representative
transport aircraft have clearly shown that separa-
tion due to the viscous effect in flows along axial
corners represent the largest single source of
excess drag. at cruise conditions on current configu-
rations. Flow separation problems have been en-
countered on several aircraft at the wing-fuselage
juncture, as well as in other areas. In order to
avoid these sources of excess drag on future designs,
it is necessary to formulate and develop a method to
accurately calculate the boundary-layer flow in
these regions. This will also provide a more reli-
able prediction of initial boundary-layer profiles
along the root chord than those currently obtained
by using tapered-wing equations.

5. Conclusions

A new, improved version of the Cebeci-Kaups-
Ramsey (CKR) three-dimensional finite-difference
boundary-layer program for arbitrary wings has been
coupled with the Jameson-Caughey FL0O-22 full poten-
tial transonic flow method to predict the combined
viscous/inviscid flow characteristics of three-
d1mensjona] swept wings of transonic conditions. The
resulting coupled program provides a very powerful
and useful aerodynamic design tool. Resuits of some
preliminary calculations are presented for two ad-
vqnced transport wing configurations. One of the con-
figureations had a separation problem at cruising
conditions, while the second, developed using the J-C
transonic method, avoided any separation problems at
cruising conditions. The main conclusions to be
drawn from the calculations performed to date in-
clude the folloying:

® The Jameson-Caughey FLO-22 transonic full poten-
tial method correctly calculates the general flow
development and overall three-dimensional pressure

distributions for relatively thick advanced- .
transport-type wing configurations at transonic
conditions. The capability afforded by the J-C
method has been used to identify the effects of
geometry changes in the design of a three-dimen-
sional high-aspect-ratio wing that achieved the
target drag rise Mach number,

e The new, improved CKR three-dimensional boundary-
layer method provides a much more realistic esti-
mate of the boundary-layer characteristics which
exist on three-dimensional swept wing configura-
tions that have strong adverse pressure gradients
and/or are near separation than is obtained with

the two-dimensional strip-theory approximation.

The occurrence of separation.on a wind-tunnel mode!
of a high-aspect ratio wing has been predicted by
the three-dimensional method,whereas the strip-

“theory approximation is shown to be overly opti-

mistic for both the prediction of boundary-layer
separation and®the viscous decambering effect of
the boundary-layer displacement surface on aft-
loaded airfoils.

® Several areas have been identified where addi-
tional studies need to be conducted in order to
develop this design tool into an even more useful
design tool. These include the need to account for
a finite-fuselage configuration, the need to better
model the shock-wave-boundary-layer interaction, the
need to better model the trailing-edge-wake inter-
action, the need to develop higher turbulence
models, the need to calculate boundary-layer flow
characteristics through small regions of separated
flow, and the need to calculate flows along axial
corners.
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